Transonic flow over an airfoil involves shock induced oscillation at certain free steam Mach number and angle of attack due to the interaction of shock wave with airfoil boundary layer which consequences fluctuating lift and drag coefficient, aero acoustic noise and vibration, high cycle fatigue failure (HCF), buffeting and so on. In the present study, Reynolds Averaged Navier-Stokes (RANS) equations have been used to predict the transonic buffer and corresponding aerodynamics behaviour over NASA SC(2) 0714 supercritical airfoil. RANS computations have been performed at free stream Mach number of 0.77 while the angle of attack was varied from 2° to 7°. The results obtained from the numerical computation have been validated with the experimental results. Mach contour, lift and drag coefficient, and pressure history over the airfoil surface have been analyzed and confirmed the transonic buffet phenomena.
Introduction
The transonic flow over an airfoil is associated with the appearance of unsteady shock waves which interact strongly with the boundary layer. At a given free-stream Mach number and for small angle of attack, the flow reattaches; while at sufficient high angles of attack, the boundary layer separates either as a bubble at the foot of the shock or at the trailing edge [1] [2] . At particular transonic flow conditions, the self-excited shock oscillates alternatively along the airfoil surfaces. This large-scale flow-induced shock motion is known as transonic shock buffet which is potentially detrimental for aerodynamic structure as well as the safe operation of turbomachinery .
Several computational and experimental studies showed that the buffet onset is influenced by the geometry and trailing edge viscous-inviscid interaction. Lee [3] proposed a feedback mechanism for self-excited shock motion on a supercritical airfoil. On the other hand, prominent features of the shock buffet of the 18-percent-thick circular-arc airfoil have been computed by Gillan [4] and Rumsey et al. [6] with Navier-Stokes and thin-layer Navier-Stokes codes, respectively. These computations highlighted the sensitivity of this type of problem to the turbulence and the flow modeling and the importance of shock and trailing-edge separation. However, these studies have determined the range of Mach number for the onset of shock buffet for the circular-arc airfoil quite accurately. In case of 18-percent circular-arc airfoil, trailing edge separation has observed prior to shock induced separation and shock buffet onset [6] [7] . Shock oscillation is antisymmetric and hysteresis occurs at the range of onset Mach number for this airfoil [8] .
Though supercritical airfoils are introduced to increase the drag divergence Mach number and thus to extend the buffet boundary, several experiments showed that these airfoils also experience the shock buffet at flight conditions [9] [10] [11] . Xiao et al. [11] numerically investigated the transonic buffet over a Bauer-Garabedian-Korn (BGK) No. 1 supercritical airfoil. Two steady cases (M = 0.71, = 1.396° and M = 0.71, = 9.0°) and one unsteady case (M = 0.71, = 6.97°) were analyzed in detail. Space-time correlations of the unsteady pressure field were used to calculate the time for pressure waves to travel downstream within the separated region from the shock wave to the airfoil trailing edge and then back from the trailing edge to the shock outside the separated region. The reduced frequency so calculated agreed well with the computed buffet frequency.
In the present study, the Reynolds averaged Navier-Stokes (RANS) equations with k-SST (Shear Stress Transport) two equation turbulence model is applied to predict the shock induced buffet onset over a supercritical airfoil NASA SC (2) 0714. The fee stream transonic Mach number is kept fixed at 0.77 while the angle of attack was varied from 2° to 7°. The transonic buffet is determined by the appearance of fluctuating aerodynamic properties such as lift coefficient, drag coefficient and static pressure fluctuation at particular combination of flow conditions. A detailed analysis on the buffet flow together with the large scale self-excited shock oscillation are investigated for the range of flow conditions. .
Numerical methods

Governing equations
The flow in this study is considered to be viscous, compressible, turbulent, and unsteady. Governing equations for the present RANS computations are the conservation of mass, conservation of momentum and the energy equations written in 2-D coordinate system. Two additional transport equations of k-SST (Shear Stress Transport) turbulence model are included to model the turbulence in the flow field. The governing equation can be written in the following vector form:
Here U is the conservative flux vector. E and F are the inviscid flux vectors and R and S are the viscous flux vectors in the x and y directions, respectively. H is the source terms corresponding to turbulence.
(1)
The governing equations are discretized spatially using a Finite volume method of second order scheme. For the time derivatives, an implicit multistage time stepping scheme, which is advanced from time t to time t+ t with a second order Euler backward scheme for physical time and implicit pseudo-time marching scheme for inner iteration, is used. A time step size of 10 -5 was sufficient for this type of unsteady computation.
Computational domain and boundary condition
The computational domain together with the grids are shown in Fig. 1(a) . The chord length c of NASA SC(2) 0714 supercritical airfoil is considered to be 152.4 mm. The upstream and downstream boundaries are located at 11.5c and 21c, from the leading edge of the airfoil. On the other hand, the top and bottom boundaries are 12.5c apart from the airfoil surfaces. This spacing was considered to be sufficient to apply free-stream conditions on the outer boundaries. The adiabatic no-slip conditions are applied to airfoil surfaces. The Reynolds number based on the airfoil chord length, Re = 2.8×10 6 . A structured clustered grid system using quadrilateral cells was employed in the computations. The total number of grids is 51000 which gives a grid independent solution. For viscous flow calculation, extra fine spaced grids was constructed over the airfoil surfaces as shown in Fig. 1(b) . The first point above the airfoil surface is located at 0.0000169c from the airfoil surface which corresponds to y + < 1. A solution convergence was obtained when the residuals for each of the conserved variables were reduced below the order of magnitude 5.
Computational validation
Before going to the detail discussion of the present problem, the computational results have been validated with the available experimental data. Computational validation has been performed by comparing pressure coefficients over the supercritical airfoil for three different conditions. Experimental results are obtained from Ref. [9] . 
Results and discussion
For M = 0.77 and = 2° a steady normal shock is observed along the mid-chord position of airfoil. The Mach number is gradually increased and forms a supersonic region around the upper surface of the airfoil. The shock Mach number is 1.40 in this case. Behind the shock wave, a subsonic region is found up to the trailing edge. Type 1 shock -boundary layer interaction is detected proposed by Mundell and Mabey [12] . Moreover, an attached flow region all over the upper surface is observed.
In case of M = 0.77 and = 3° as shown in Fig. 3 , the shock Mach number is found to be 1.45. At this case transonic shock buffet is observed with small displacement of shock wave which can be assured with fluctuated lift and drag coefficient. From Mach contour in one cycle of shock oscillation it is observed that from t = 1/11 T to 3/11 T , the supersonic region is wider; however from t = 3/11 T to t = 8/11 T, it becomes narrower. And from t = 9/11T to t =11/11T it becomes wider again. Type 1 shock -boundary layer interaction with attached flow region throughout the upper surface is detected proposed by Mundell and Mabey [12] . No signification formation of vertex is observed during this time period. Results for M = 0.77, = 4° during one cycle of shock oscillation are shown in Fig. 4 . During the oscillation, the shock motion is clearly visible and the maximum shock Mach number increases in this case compared to Fig. 3 . Type 1 shockboundary layer interaction is detected from t = 1/11 T to t = 3/11 T ; however Type 3 shock -boundary layer interaction is observed from t = 5/11 T to t = 7/11 T . After that again Type 1 shock -boundary layer interaction is noticed. As a result, attached flow is observed from t = 1/11 T to t = 3/11 T throughout the upper surface, separated flow is observed from t = 5/10 T to t = 7/10 T from shock position to trailing edge. And again attached flow is found for the rest of the time instants. During the separated flow, a bulge is observed which then forms a new vortex and becomes larger. A secondary vortex is also formed at the vicinity of trailing edge which coalesces and forms large separated flow region.
The cases of = 5° and 6° showed the almost the same results with fluctuating supersonic zone and hence the unsteady shock movement. The shock excursion zone for these cases are more intensified compared to the previous cases. However, the contour maps of Mach number are not presented here for brevity. However, results for = 7° are shown in Fig. 5 . In this case, Type 2 shock -boundary layer interaction is observed from t = 1/11T to t =5/11T time instance and from t =9/11T to t = 11/11 T time instance. Again Type 3 shock -boundary layer interaction is noticed at t = 5/11T to t = 7/11T time instance. Fully separated flow region all over the upper surface is observed throughout the cycle. During the separated flow region a bulge is observed which then forms a new vortex and becomes larger. A secondary vortex is also formed at the vicinity of trailing edge which coalesces and forms large separated flow region. Due to the unsteady phenomena of static pressure from the pressure history along the airfoil upper surface, it has become essential to find out highest pressure prone area along the airfoil. The unsteady root mean square (RMS) of pressure oscillations are evaluated to identify intensified pressure position from 2° to 7°. P rms is calculated as In the above equation, p i is the instantaneous static pressure, p is the time mean static pressure and n is the number of sampling points. For the calculation of p rms , n is taken as 10 4 . p rms is normalized with free stream static pressure p 0 and the results are shown in Fig 9. As there is no shock oscillation for 2°, the value of p rms is zero along the airfoil upper surface. For 3° angle of attack, p rms /p 0 starts to increase from leading edge and shows a peak value of 0.251 at 52.5% c. This signifies large pressure fluctuation and intensity at this location. Further movement upto trailing edge shows sudden drop of p rms /p 0 at 60% chord location which decreases slowly ahead of 95% c. At 95% of chord location, there is a tendency to rise of p rms /p 0 is observed with a value of 0.034 due to pressure fluctuation for the result of vortex formation at this separated flow region. Further increase in angle of attack leads to forward movement of intensified position of pressure oscillation. For 4° angle of attack, the value of peak p rms /p 0 is 0.372 at 52.5% of chord position. With advancement upto trailing edge shows decrease of p rms /p 0 value ahead 95% of chord location. For this case also at 95% of chord location sudden rise of p rms /p 0 with a value of 0.123 is observed due to vortex formation and interaction with trailing edge. For 5° angle of attack, the peak value is found to be 0.427 at 45% chord location. Further increase of angle of attack leads to forward movement of intensified position of airfoil along with the increment of p rms /p 0 . For 6° angle of attack value of peak p rms /p 0 is 0.457 at 37.5% of chord position. And finally, the peak p rms /p 0 is found to be 0.47 at 32.5% chord location for 7° angle of attack.
Conclusions
A computational study using Raynolds Averaged Navier-Stokes (RANS) equations has been performed to investigate the transonic buffer phenomena over a supercritical airfoil NASA SC(2) 0714 for a fixed free-stream mach number of 0.77 while the angles of attack are varied from 2° to 7°. The computational results have been validated witht the available experimental data. The results obtained from the present study can be summerized as below:
The present RANS computation can capture the transonic buffet phenomena acurately for flow over a supercritical airfoil NASA SC(2) 0714. No shock oscillation is observed at angle of attack of 2° for M =0.77.
Self-sustained shock oscillation and hence the transonic buffet is observed for angle of attack of 3° to 7° for the same Mach number of M =0.77. Shock oscillating zone along the upper surface of the airfoil is increased with an increase of angle of attack. The intensity of shock-boundary layer interaction is increased for higher angles of attack. The unsteady shock movement creates the fluctuations in aerodynamic peoperties such as lift and drag. The transonic buffet is further confirmed by the static pressure fluctuation along the upper surface of the airfoil. The magnitude of peak root mean square (RMS) of pressure oscillation is increased with an increase of angle of attack. The position of peak RMS of pressure oscillation is shifted toward the leading edge of the airfoil with increasing angle of attack.
